L1G6

NACA TN 3225

O ol e

e -~

NATIONAL ADVISORY COMMITTEE

FOR AERONAUTICS

TECHNICAL NOTE 3225

AN EXPERIMENTAL STUDY OF THE LIFT AND PRESSURE

DISTRIBUTION ON A DOUBLE-WEDGE PROFILE AT

MACH NUMBERS NEAR SHOCK ATTACHMENT

By Walter G. Vincenti, Duane W. Dugan,

and E. Ray Phelps

Ames Aeronautical ILaboratory
Moffett Field, Calif.

e

Washington
July 1954

R

N ‘84X AuVEEr HOFL

TEL LTI

i

N

J

!



TECH LIBRARY KAFB, NM

TR

NATIONAT, ADVISORY COMMITTEE FOR AERONAUTICS 00bk27Yy

TECHNICAL NOTE 3225

AN EXPERIMENTAL STUDY OF THE LIFT AND PRESSURE
DISTRIBUTION ON A DOUBLE-WEDGE PROFILE AT
MACH NUMBERS NEAR SHOCK ATTACHMENT

By Walter G. Vincentl, Duane W. Dugan,
end E, Ray Phelps

SUMMARY

An account is given of wind-tunnel measurements at low supersonic
speeds of the pressure distribution on a doubly symmetrical double-wedge
profile of approximately 8-percent thickness. The results cover the Mach
number range from 1.166 to 1.377, which brackets the value (1.221) given
by exact inviscid theory for attachment of the shock wave to the leading
edge at zero angle of attack. Data are given for angles of attack from
0° to 5° at a Reynolds number of 0.54 million. The results are discussed
in detail and compared with theoretical findings previously obtained on
the basis of the transonic small-disturbance theory.

As predicted by the theory, the experimentel results show a large
increase in the lnitial lift=curve slope at Mach numbers near shock
attachment. On the front wedge, where viscous effects are small, the
numerical agreement between experiment and theory is good at the smaller
angles of attack. This agreement tends to deteriorate, however, as the
angle is increased. As might be expected from qualitative arguments
regarding the limitations of the theory, this deterioration proceeds more
rapidly the closer the Mach number is to the attachment value. As a
result, the increase in lift-curve slope at Mach numbers near shock
attachment dipappears at the higher angles. On the rear wedge, where
viscous effects are large, the data at small angles of attack show an
unpredicted region of negative 1ift in the vicinity of the trailing edge.

In the case of the pressure drag due to angle of attack, agreement
between theory and experiment 1s observed at small angles only when the
Mach number is above the attachment value. At Mach numbers below this
value, the drag rises less rapidly with angle of attack than i1s calculated
on the basis of the theoretical pressure differences between the top and
bottom of the airfoil. The measured drag and pressure distributions at
zero angle of attack agree well with existing theoretical and experimental
results throughout the Mach number range.

In support of recent findings by other, investigators, the agreement
between experiment and transonic theory is found to be greatly improved
by the use of (7 + 1)MZ in place of (¥ + 1) in the transonic similarity
variables.
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INTRODUCTTION

This paper describes an experimental study of the pressure distribu-
tion over a double-wedge profile at free-stream Mach numbers near that
for shock attachment. The work was motivated in part by the theoretical
findings of references 1 and 2, which had indicated a rather unexpected
increase in lift-curve slope at Mach numbers in this vicinity. Since
calculations of other airfoil characteristics by means of the transonic
theory had revealed no surprises, some experimental check of the findings
appeared desirable. Moreover, as with ell small-disturbance theories,

a question could be raised concerning the range of angle of attack over
which the results might be useful. This was particularly true in the
present case, since the theory predicts only the initial slope of the
1ift curve, whereas the complete results at these Mach numbers might
very well be nonlinear. The present study was made with these considera-
tions in mind.

Because of simplifications afforded by a rectilinear profile, the
properties of the transonic flow over wedges have attracted considersble
attention. Besides the two investigations just cited, other studies have
been made on the basis of the transonic small-disturbance theory by
Guderley and Yoshihara, Cole, Trilling and Walker, and Vincenti and
Wagoner (refs. 3 to 7). These studies taken together cover the complete
renge of subsonic, sonic, and supersonic flight speeds, and, except in
the subsonic regime, include both the 1lifting and nonlifting case.! On
the experimental side, studies of the transonic flow over wedges are
numerous, though seldom as comprehensive as might be wished. (Refs. 9
through 27 are a chronological listing of the experimental reports known
to the present authors.) These studies, particularly those of Liepmann
and Bryson (refs. 15 and 17) and Griffith (ref. 19), provide a thorough
description of the characteristics of single-wedge profiles at zero 1lift.
The references regarding the 1ifting case are plentiful but less complete.
Data in this regard are available for a wide range of subsonic speeds in
references 9, 10, 11, 12, and 27; for sonic speed in reference 18; and
for isolated supersonic speeds in references 9, 14, and 21. Because of
their restricted range, the last three references provide little informa-
tion on the variation of lift-curve slope with Mach number. The present
study fills this gap by supplying detailed data on the 1ifting case over
& range of supersonic speedse. Results of measurements at zero 1ift are
also included. Wherever possible, comparison is made between the experi=~
mental and theoretical findings.

1A statement of the relation between the various theoretical studies
and a description of the flow field pertinent to the present problem can
be found in reference 2. Some question concerning the results of Trilling
and Walker has been raised by Guderley in reference 8.
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NOTATTION

Primary Symbols

alrfoil chord

1ift per unit span
q.¢

sectlion pressure-drag coefficient, pressure dra

section 1ift coefficient,

g per unit span
q.c

pressure coefficient, 2325
0

maximum Jift-drag ratio

Mach number

statlic pressure

dynamic pressure

maximm thickness of airfoil

chordwise distance from leading edge, positive rearward

chordwise dlstance from leading edge to center of 1lift, positive
rearward

angle of attack
ratio of specific heats (7/5 for air)

maximum deflection angle attainable through an oblique shock
wave

half angle of wedge
Subscripts

free-stream conditlons
value for front wedge
value for rear wedge

value on bottom surface of airfoil
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t value on top surface of ailrfoil

value at zero angle of attack

(¢]

APPARATUS

Wind Tunnel

The experimental results were obtained in the Ames 6~ by 6-Ffoot
supersonic wind tunnel. This tunnel, which is of the continuous-
operation closed-return type, 1s powered by two 25,000-horsepower electric
motors driving a single 8-stage axial-flow compressor. The supersonic
speed in the test section is obtained by means of an asymmetric adjustable
nozzle of the type described by Allen in reference 28. This nozzle is
made up of two asymmetrically curved nozzle blocks placed between parallel
side walls. The expansion ratio of the nozzle and hence the supersonic
Mach number in the test section can be varied continuously by sliding one
of the curved blocks relative to the other. Variation of the Reynolds
number in the test section is obtalned by changing the pressure level in
the tunnel. Condensation effects are rendered negligible by meintaining
the air in the tunnel at a specific humidity.of less than 0.0003 pound of
water per pound of air.

Model and Supports

The model used In the investigation is shown in figures 1 and 2. The
airfoil section was a doubly symmetrical double wedge with an Included
angle of 9° at the leading and trailing edges (corresponding to a thick-
ness ratio t/c of 0.0787). This angle is identical to that of the thin-
nest section used by Bryson in his tests of wedges at zero angle of attack
(ref. 17). To assure an acceptable profile, the model was made of hard-
ened tool steel, surface ground to a leading-edge thickness of approxi-
mately 0.003 inch. A chord of 5 inches was selected to provide sufficlent
thickness for the installatlon of pressure orifices near the leading and
trailing edges without at the seme time making the wing so large as to
cause tunnel-wall interference at low supersonic Mach numbers. The span
was taken as 48 inches, this being the largest dimension that could be
accommodated on the avallable surface grinder. Because of this limitation
in size, the wing did not completely span the 6~foot test section, with
the result that the flow conditions were not truly two-dimensional. It
was thought, however, that the resulting aspect ratio of 9.6 was suffi-
clently large that chordwise pressure-distribution measurements at mid-
span would, at the Ilntended airspeeds, give a close approximation to two~
dimensional results. As will be seen, the experimental results appear to
confirm thls expectation.
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Measurement of the pressure distribution at midspan was accomplished
by means of 18 orifices located on one surface of the wing at the posi-
tions listed in figure 1. A complete set of orifices was placed in only
one surface in order to gimplify the design and construction of the model.
As indicated in figure 1, however, two additional orifices were provided
in the opposite surface at stations 20 and 40 percent of the chord from
the leading edge. These orifices provided a check on the angle-of-attack
settings as will be described later. All orifices led directly to
stainless-steel tubes which emerged from the wing through a support sting
at the rear. The orifice diameter was 0.018 inch.

The primary support for the wing was provided by the rearward sting,
which was attached, in turn, to the regular angle-of-attack mechanism of
the tunnel. As can be seen in figures 1 and 2, the sting was offget so
that it Joined the wing a small distance to one side of the midspan sec~
tion. This distance was chosen such that at the supersonic Mach numbers
enticipated locally on the rear of the airfoil, the pressure orifices at
midspan would all lie outside the theoretical region of influence (viscous
effects neglected) of the forwardmost part of the sting. Some idea of the
actual effect of the sting was provided by some yet unpublished data on
the spanwlse variation of pressure on simllarly constructed wings of lower
aspect ratio. These data indicate that the effect is insignificant,
except possibly on the high-pressure side of the rear wedge at the highest
. angles of attack,

To prevent flutter and excessive bending of the wing at high angles
of attack, it was found necessary to support each tip of the model by
means of two small-diameter, sweptback guy wires. The downstream end of
each wire was fagtened to a strut which was placed athwart the support
sting at right angles to the extended chord plane of the wing. The strut
was located well downstream of the trailing edge of the wing. (The wing,
strut, and four guy wires can be visualized, roughly speaking, as forming
the edges of a tetrahedron.) The pressures at the measuring orifices are
unlikely to have been affected by the presence of the strut and guy wires.

Because of restrictions imposed by the low rigidity of the support
sting, it was necessary to limit the total pressure of the air stream to
a value of 4 pounds per square inch gbsolute. With the present airfoil,
this provides & nearly constant Reynolds number of 0.54 million over the
Mach number range of the tests.

Characteristics of Air Stream

In conformity with the usual practice in the 6= by 6-foot tunnel,
the wing was mounted in the test section with its span parallel to the
nozzle side walls. Surveys of the air stream in the asymmetric nozzle
of the tunnel have shown that some variation of statlic pressure, Mach
mmber, and stream angle exlists in the test section in planes parallel
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to the side walls.2 Transverse flow from one such plane to another is,
however, virtually nil. If the wing is placed parallel to the side walls,
therefore, the variation in stream angle becomes a variation purely in
angle of yaw relative to the wing. Experience has shown that such a
variation has a negligible effect in tests like the present where only
the longitudinal characteristics of the wing are of interest. The possi=-
ble effects of the nonuniformities of pressure and Mach number in the
plane of the wing, however, cannot be ignored.

To minimize these latter effects, considerable care was taken in
poeitioning the wing in the tunnel. TFor this purpose, a detailed survey
was made of the pressure field in the central vertical plane of the test
section. The longitudinal position for the model was then chosen such
that the nopuniformity of free-stream static pressure over the reglon to
be occupled by the wing was as small as possible throughout the Mach num-
ber range of the test. At the position finally selected, the varlation
of free-stream static pressure over the plan form amounted in the worst
case to approximately 3-1/2 percent of the mean dynamic pressure. This
18 equivalent to a variation 1n the dynamic pressure itself of about
1 percent and to a variation in Mach number of about 0.025. At the mid-
span location the maximm veriation over the chord was 1-1/2 percent in
static pressure, 1/2 percent in dynamic pressure, and 0,010 in Mach num-
ber. The variations were largest at the lower values of the test Mach
nurber (M, from 1.166 to 1.227) and decreased to about one half of the
maximm values at the higher speeds (M, from 1.253 to 1.377). In no
cage were the variations aebrupt; that is, there were no shock waves or
sudden expansions present. As wlll be explained later, the variation in
static pressure was taken into account in the reduction of the test data.

METHODS

Test Procedure

The procedure followed in running the tests was to set the wind tun~
nel to a given Mach number and then pitch the model through the desired
range of angles of attack. Since a complete set of orifices was present
in only one surface, it was necessary, in order that complete data might
be obtained, to test at both positive and negative angles. (The meaning
of "positive" and "negative" with reference to the present tests will be
explained later.) The angular setting was measured by means of a cali~
brated mechanical counter geared to the drive shaft of the angle-of-attack
mechanism. To assure an accurate setting, care was teken to eliminate the
effects of the backlash which is known to be present in the angle mechan-
ism. This was done by approaching each setting from the "high" side -

2This situation is not inherent in an asymmetric nozzle, but is a
result of the early and somewhat ilmperfect design employed in the present
tunnel. Methods for deslgning improved nozzles are described in refer-

ence 29.
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that is, from absolute values of the angle of attack higher than the
desired setting. The same procedure was followed, of course, in the
calibration of the mechanical counter prior to the test.

At each test condition, the pressures at the surface of the airfoil
were measured by photographic recording from a back-lighted multiple~tube
manometer. These pressures, llke the static pressures in the test-section
survey, were measured relative to the pressure at an orifice located in
the side wall of the nozzle well upstream of the model. To obtain accu-~
rate data at small angles of attack and at the low total pressure used in
the test (see section "Model and Supports"), a menometer fluid of low
density was required. Dibutyl phthalate (specific gravity of 1.047 at
the average room temperature of 75° F) was chosen as meeting this require-
ment and having at the same time relative freedom from the formation of
troublesome bubbles at low pressures. Two photographs of the manometer
were taken at each test condition, the first when the liquid columns were
Judged to have reached equilibrium and the other several minutes later.

If any difference between the two photographs was apparent (which was
rarely the case), the second was used in the reduction of the data. The
total pressure in the settling chamber of the tunnel wes measured by means
of a mercury-filled micromancmeter with sump vented to the atmosphere.

Data were obtained at nine test Mach numbers from 1.166 to 1.377 and
at seventeen nominal angles of attack from -4° to +4°. The test Mach
number M, 1is taken as the value of the measured, tunnel-empty Mach num-
ber averaged over the chord of the wing at midspan (see section "Charac-
teristics of Air Stream"). To fix the sign of the angle of attack, the
main set of 18 pressure orifices is thought of as lying in the "top" sur-
face of the wing. DPositive and negative angles are then defined in accord
with the usual convention. The angular settings were made in l/lto incre-
ments near zero angle in order that the unusual phenomenon described in
the introduction might not be overlooked in the event that it were confined
to small angles. The limits of +4° on the angle range were necessary in
order to stay within the range provided by the available manometers with
dibutyl phthalate as the working fluid.

Reduction of Data

To analyze the experimental results, the statlc pressures p meas-
ured at the orifices in the surface of the airfoil were first converted to
coefficient form. This was done according to the standard formula

Cp = 2P (1)
P,

where P, and q, are reference values of static and dynamic pressure.
In theoretical Work, P, and q  are, of course, the static and dynamic

pressures in the undisturbed Flow at infinity upstream. In the present
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experimental work, p A was taken in each case as the static pressure
existing in the empty tumnel et the same location as the orifice in ques-
tion. This was done in order to incorporate at least an approximate cor-
rection for the small but not negligible variation of static pressure in
the tunnel test section (see section "Characteristics of Air Stream").

The value of q_, in the experiments was calculated from the test Mach
number and the measured total pressure in the settling chamber, isentropic
flow being assumed between the settling chamber and the test section.

This procedure, which amounts to using a spatially averaged value of

is permissible since the actual variation in dynamic pressure in the empty
test section is very small. Values of the normal-force, chord-force, and
pitching-moment coefficients were found by mechanical integration of
faired plots of Cp versus x/c.3 Since a complete set of orifices was
present in only the top surface of the airfoil, it was necessary for this
calculation to assume that the pressures existing on the bottom surface at
a given positive angle of attack were identical to those measured on the
top surface at the same nominal negative angle. The accuracy of this
agsumption will be discussed later. The 1ift and drag coefficients were
calculated from the normal- and chord-force coefficients and the corrected
velue of the angle of attack (see below). The chordwise position of the

- center of 1ift was found, as usual, from the quotient of the pitching-
moment and normal-force coefficients. It must be remembered, of course,
that the results obtained in the foregoing fashion - that is, by integra=-
tion of the pressure distribution - reflect only the contribution of the
pressure forces. The influence of the skin friction is not included.

Unless otherwise stated, all angles of attack in the present work
have been corrected for the elastic deflection of the support sting. The
corrections were calculated from the measured values of the normal force
and pitching moment on the basis of elastic constants previously deter-
mined by applying static loads at various chordwise locations on the
model. The corrections serve to increase the angle of attack about 20
percent beyond the nominal setting. In the calculation of the correction
it was necessary to assume that the normal force and pitching moment were
constant across the gpan at values equal to those measured at midspan.
Since there must aectually be some loss of load at the tips, the resulting
corrections are somewhat excessive. The previously mentioned data on the
gpanwise pressure distribution on wings of lower aspect ratio indicate
that the consequent error in the final angle of attack is not over +2
percent.

PRECISION OF RESULTS

The most likely source of serious error in the present work is in the
assumption that the pressures on the bottom surface of the airfoil at a
positive angular setting can be found accurately by measurements made on

SThis omits the negligible contribution of the chord force to the
pitching moment.
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the top surface at the same negative setting. Because of this assumption,
the accuracy of the final results depends in large part on the precision
with which the positive angles of attack were duplicated by the corre-
sponding negative angles. In view of the appreciable backlash in the
angle mechanism and the consliderable deflection of the support sting,
there might be doubt as to the accuracy with which this could be accom-
plished.

To investigate this question, two secondary check orifices were pro-
vided, as previously described, in the bottom surface of the wing at 20
and 40 percent of the chord. Throughout the test no difference could be
observed. between the pressures measured at these check orifices at posi-
tive angles of attack and those measured at the corresponding primary
orifices at negative angles. This validates the original assumption and
implies that no significant error was involved in setting the angle of
attack to equal values on either side of zero.

The situation at the zero angle itself, however, was less satisfac-
tory. Here results obtained with a given orifice would sometimes differ
depending on whether the zero setting was approached from the positive or
negative direction. This indicates an inebility to set the zero angle
with precision, probably because the effect of the backlash in the angle
mechanism cannot be eliminated near zero 1ift. It 1s estimated from the
varlous pressure readings that the resulting uncertainty in the zero angle
is never more than.il/QOo.

As to other inaccuracles, it has been estimated from consideration
of the various factors entering into the pressure measurements that the
final values of Cp represent conditions existing in the tests accurately
to within +0.005. The experimental values of M“,(as defined in the sec-
tion "Test Procedure”) are considered accurate to +0.00%. Apart from the
matters discussed in the preceding paragraphs, the angles of attack may be
up to 2 percent too large as a result of the previously described uncer-
tainty in correcting for the deflection of the support sting. Because of
uncertainties involved in falring and integrating the pressure distribu-
tions, the force and moment coefficients are probably less accurate than
the pressure coefficients themselves, though quantitative limits are 4if-
ficult to define. It is also difficult to judge how much imperfections in
the test conditions -~ that is, nonuniformities in the wind stream ~ change
the results from what would be obtained in a perfectly uniform flow. It
1s thought, however, that the method of computing Cp as previously des-
cribed provides a reasopably accurate correction for the small stream
irregularities existing in the present tests.

THEORETICAL CONSIDERATIONS

For the present airfoil and speed range, complete theoretical results
are available on the basis of the transonic small-disturbance theory
(refs. 1, 2, 3, and 7). These results are presented graphically in refer-
ences 2 and 7 in terms of the generalized varilables provided by the
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transonic similarity rules. To apply the generalized curves of these
references in the present investigation, the labels on the horizontal and
vertical scales have been altered from those given in the original fig-
ures by replacing the quantity (7 + 1) wherever it appears by the product
(7 + 1)M,Z. Thus, for example, the transonic similarity parameter £,

1s taken equal to

M 2-1 M 2-1

[+ DME(3/c)Je7s meteadof oy /0278

and the generalized pressure coefficient Eb to

(7 + YM2]""°

1/3
Y + 1
(t/c)2/3 CP instead of SWCTQ7I3— CP

This procedure 18 suggested by the derivation of the simllarity rules
glven by Busemann in reference 30. It has been shown by Spreiter and
Alksne (ref. 31), in several specific examples, to improve the accuracy
of the small-disturbance theory as compared with both experiment and
exact theory. Experience with the present data confirms the findings of
these writers by showing consistently better agreement between theory and
experiment when the altered form of the similarity variables is used.

Before taking up the results themselves, spmething should be said
about the nature of the solution that the theory provides for the alrfoll
at angle of attack. As explained in detail in reference 2, this solution
is obtained by regarding the effects of angle of attack as a small per-
turbation on a known solution at zero angle. Strictly speaking, this
implies that the results are valid only in the 1limit of a vanishingly
small angle of attack. As a practical matter, however, they may be
expected to give a reasonsble spproximetion to the truth for finite
angles as long as the perturbation is truly small - that is, as long as
1t does not alter the fundamental character of the flow field. Consid-
eration of the way in which the boundary-value problem is formulated in
the hodograph plane indicates that this requirement is met provided that

vhere Oy 1is half of the total wedge angle at the leading edge and By
is the maximum flow deflectlon attainable through an oblique shock wave
at a given free-stream Mach number. In practice, of course, this limita=-
tion should not be taken literally ~ there are many instances of an
approximate theory having a wider range of applicability than the theory
1tself would suggest. The main importance of relation (2) is in showing
that the angle range over which the theory applies may be expected to
decrease as Bpgx>0y, or, equivalently, as the free-stream Mach number
approaches the value for shock attachment at zero angle of attack.

The physical background for this behavior is of some interest. Con=-
pider first the case when the free-stream Mach number is greater than the
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attachment velue. (By "attachment value" we shall hereafter mean specifi-
cally the attachment value at zero angle of attack.) If, at such a Mach
number, the angle of attack is increased from zero, an attitude will even-
tually be reached at which the bow wave, which was originally attached to
the leading edge, will detach itself from the profile. Once thils occurs,
the angle of attack has obviously altered the basic character of the flow,
and the theory would certainly not apply. This effect takes place at a
smaller and smaller angle of attack the closer the free-stream Mach number
is to the attachment value. Right at this Mach number, in fact, any
finite angle 18 enough to bring about detachment of the wave.

At free-~-gtream Mach numbers below the attachment value the situation
is less obvious. Here one of the effects of angle of attack is to intro-
duce, into the basic subsonic flow over the front of the airfoil
(sketch (a)), a region of supersonic flow with sonic line beginning at the

Shock wave
——-—— Sonic line

M</ / M>/

!

Zero « Small « Larger o
Sketch (a) Sketch (b) Sketch (c)

leading edge (sketch (b)). This supersonic region is properly neglected
in the theory (see refs. 1 and 2) as having no influence on the rate of
change of the alrfoil characteristics at a vanishingly small angle of
attack. At a small but finite angle of attack (sketch (b)), the region
will not be entlrely negligible, but its influence will be local in nature.
By the time some larger angle is reached, however (sketch (c)), the region
will have grown to the point of completely altering the character of the
flow over the entire upper surface. Once this has occurred, the theory is
egaln no longer applicable. As the Mach number increeses toward the
attachment value, the bow wave approaches closer and closer to the leading
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edge, and, as before, the alteration of the fundamental character of the
flow occurs at a smaller and smaeller angle.

RESULTS AND DISCUSSION

The experimental results, together with the corresponding theoreti-
cal curves, are presented in figures 3 through 11. The Mach number range
of the data is from 1.166 to 1.37T7, which brackets the theoretical attach-
ment value of 1.221 given by exact inviscid theory. Since the purpose of
the test was to answer certain fundamental questions rather than to pro-
vide design data, complete pressure-distribution results are not shown for
each test Mach number and angle of attack. Sufficlient examples are given,
however, to 1llustrate all of the important phenomena. The values of the
free-stream Mach number are specified throughout to three decimal places,
not because they are considered accurate to that extent (see above), but
to provide a more nearly correct relative spacing in plots having Mach
number as the independent varieble. For all of the data, the Reynolds
nunber based on the chord of the model is approximately 0.54 million.

Characteristics at Zero Angle of Attack

The zero-1ift characteristics of a single wedge (whieh is equivalent
at the present speeds to the front half of the double wedge) have been
investigated at considerable length by ILiepmann and Bryson (refs. 15 and
17) and Griffith (ref. 19). The results for zero angle of attack from
the present study are given here primarily as background for the later
discussion of the lifting case. They also provide some possibly useful
date on the zero-1ift flow over the rear half of the double-wedge section.

Chordwlse pregsure distribution.~ Figure 3 shows representative data
for the chordwise distribution of pressure coefficient at zero angle of
attack. Experlmental and theoretical results are given for four values
of the free-stream Mach number, two on each side of the theoretical
attachment value of 1.221. Experimental points are shown for two condi-
tions denoted by +0° and -0°. These were obtained by approaching the
zero attitude from the positive and negative directions, respectively.

The small differences between the two sets of data are a reflection pri-
marily of the error in setting the zero angle as previously discussed (see
section "PRECISION OF RESULTS"). Besides the theoretical curves from the
transonic small-disturbance theory, parts (c) and (d) of Pigure 3 also
include curves calculated by means of the standard linear and shock-
expansion theories (see, e.g., refs. 32 and 33). These theories are
valld, of course, only when the shock wave 1s attached to the leading edge
and the flow is everywhere supersonlc.
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In general, the agreement between the experimental polnts and the
curves of the transonic small-disturbance theory is remarkably good. Both
experiment and theory show clearly the change from the nonuniform, tran-
sonic type of pressure distribution which exists on the front wedge when
the bow wave is detached (figs. 3(a) and (b)) to the uniform, supersonic
type of distrlbution which prevails 1n the presence of an attached wave
(fige. 3(c) and (4)).

The quantitative differences which do exist between theory and
experiment in figure 3 are due apparently to boundary-layer effects. On
the front wedge at Mach numbers below the attachment value, for example,
the measured pressures are slightly higher than the theoretical back to
the 35-percent-chord station and then slightly lower aft of that point.
The same behavior has been noted by Iiepmenn and Bryson (see fig. 9 of
ref. 15). It was attributed by them to the displacement effect of the
boundary layer, which acts like a thin parabolic body added to the basic
wedge. Above the attachment Mach number, the experimental pressures are
a bit higher than the theoretical over practically all of the front wedge.
This is probably due again to the displacement effect of the boundary
layer. The s8light change from the previous case may stem from the fact
that in purely supersonic flow the local pressure 1s fixed almost com-
pletely by the local slope of the displacing surface, while in the tran-
sonlc case the pressures on the front wedge are a function of conditions
at every point on the wedge. At all Mach numbers, the effect of the
boundary layer at the ridge is to smooth out the theoretically discontin-
uous change in pressure by effectively rounding off the corner. On the
rear wedge, the measured pressure shows a marked and progressive increase
aft of the T5-percent-chord station. This is the result of a thickening
of the boundary leyer Induced by the presence of the tralling-edge shock
wave., Simllar effects of boundary-layer thickening can be observed in
certain of the pressure distributions given by Ferri in reference 34
(though most of Ferrit's plots show an abrupt increase and subsequent con-
stant pressure as is typical of a separated layer). All of the foregoing
effects of the boundary layer would presumably be reduced by an Increase
1n Reynolds number.

It is interesting to note from figures 3(c) and (d) that even when
the bow wave is attached and the flow 1s everywhere supersonic, the tran-~
sonic small-disturbance theory provides a distinct improvement over the
linear theory in the calculatlon of the surface pressures. On the present
airfoil, in fact, the transonic theory gives results only very slightly
dlfferent from those provided by the more exact shock-expansion theory.

Pressure drag.- Data on the integrated pressure drag at zero angle
of attack are plotted as & function of the free-stream Mach number in
figure 4. Results are given separately for the front wedge, the rear
wedge, and the complete profile.4 In the case of the front wedge (fig.
4(a)), points are also included from Bryson's interferometric study of

“In each case, the aerodynamic coefficient is referred to the total
chord of the complete airfoil.
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flow over a single wedge of nose angle equal to that of the present pro-
file (ref. 17). In each case, theoretical curves are included as given
by the three theories previously discussed. The points marked "S" denote
the values of M, at which the transonic and shock-expansion theories
predict an attached bow wave with uniform sonic flow over the front wedge.

The results of figure 4 reflect the qualities already noted in the
detailed pressure dlstributions. For the front wedge, the measured drag
coefficients are in good agreement with the predictions of the transonic
and shock-expansion theories. The small differences between the present
results and those of Bryson are wilthin the limits of accuracy of the two
tests (which were somewhat larger for Bryson's interferometric study than
for the present direct pressure measurements). For the rear wedge, the
measured drag coefficients are somewhat less than the theoretical, pri-
marlily because of the pressure rise associated with the shock-~induced
thickening of the boundary layer near the trailing edge. The results for
the complete profile, of course, exhibit a similar behavior. Figure 4
also illustrates the dbvious inadequacy of two~dimensional linear theory
in the transonic range.®

The nature of the agreement between theory and experiment in the
foregoing results implies that, at least at zero angle of attack, the
finite span of the test model caused no serious deviation from two-
dimensional results at the midspan measurement station.

Characteristics at Angle of Attack

To the best of the authors' knowledge, the most detailed measurements
on a lifting wedge at Mach numbers near shock attachment are those given
by Hilton in reference 21. These measurements were made on a wedge of low
aspect ratlo (3.3) and were confined to a single Mach number above the
attachment value. They are thus unsuitable for checking the results of
two~dimensional theory with regard to the variation of lift-curve slope
with Mach number. The present data do allow such a check.

Chordwise load and pressure distribution.- Figure 5 shows the chord-
wise distribution of 1ift for the same four Mach numbers considered in
figure 3. The ordinate here is the difference between the pressure

5Com;parison of figure 4 with figure 8 of reference 7 also shows how
replacing (y + 1) by.(y + 1)M,2 in the similarity variables (see section
"THEORETICAL CONSIDERATIONS") helps to improve the numerical accuracy of
the small-disturbance theory when applied to a speclific airfoil. This is
particularly apparent in the behavior of the curve of (cd)o versus My at
Me= 1. The use of (y + 1) leads to a zero slope at this point (ref. T),
while the present method leads to a negative slope close to the exact
theoretical value. A more detailed exposition of this point is given by
Spreiter and Alksne in reference 31 (p. 59).
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coefficients on the bottom and top surfaces divided by the angle of
attack «. (As explained in the section "Reduction of Data," the experi-
mental values for the bottom surface were actually obtained on the top
gsurface at negative a.) The presentation of experimental results is
limited to three representative angles of attack, two near zero and one
near the upper end of the angle range. The angular settings are desig-
nated as approximate since they were not precisely the same for all Mach
numbers, owing to differences In the deflection of the support sting. To
minimize confusion, the experimental results are presented here as faired
curves instead of individual date points. The experimental scatter was
not serious, however, even at the rather small angle of O.3°. The results
of the transonic theory appear in each of the present plots as a single
curve derived, as previously explained, on the assumption of a vanishingly
small angle of attack. As before, results from linear theory are also
shown for those Mach numbers (figs. 5(c) and (d)) at which the bow wave is
attached to the airfoll at zero angle of attack.

For the front half of the airfoll, the agreement between experiment
and transonic theory is - all things considered - remarkably good at the
lower angles of attack. For a>1.2°, however, the agreement tends to
deteriorate with increasing angle, In confirmation of the earlier dis-
cussion, this deterioration proceeds more rapidly the cloger the free-
stream Mach number is to the attachment value. This is especially appar-
ent above the attachment Mach number, as can be seen by comparing the
effects of angle of attack in figures 5(c) and (d). The former case, in
particular, reflects clearly the change from an attached to a detached
shock as the angle of attack is increased. (The same phenomenon is
apparent in the results of Hilton (ref. 21).) The interrelated effects
of free-stream condition and angle of attack are also visible at Mach
numbers below the attachment value (figs. 5(a) and (b)), though less
consistently than before.

As at zero angle of attack, the results for the front wedge display
secondary effects of the boundary layer. This is particularly true in
the vicinity of the midchord point in figures 5(a) and (b), where theory
predicts zero 1lift as a result of the transonic propertles of the sharp
ridge (see p. 29 of ref. 2 for details). As might be expected, the effec-
tive rounding of the ridge by the boundary layer prevents the experimental
1ift from falling all the way to zero.

On the rear half of the airfoll, viscous effects are-of critical
importance. This is made evident in figure 5 by the relatively large,
unpredicted negetive 1ift observed aft of the 75-percent-chord station at
the smallest angle of attack. This effect 1s probably due to a change in
the shock-induced thickening of the boundary layer relative to that which
occurs at zero 11ft. The Introduction of an angle of attack, by reducing
the strength of the trailing-edge shock on the lower surface and increas-
ing it on the upper surface, serves apparently to decrease the thickening
in the one case and increase it in the other. As a consequence, the 1lift
near the trailing edge is reduced below what one would expect in the
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absence of a boundary layer. At very small angles of attack this effect
evidently predominates, and a locally negative 1ift results. Precisely
the same phenomenon is apparent in one of the experimental pressure dis-
-tributions given by Ferri (see fig. 12 of ref. 3h).6 At larger angles of
attack the effects of the boundary-layer thickening remasin, but their
Influence is relatively less important. As a result, the agreement
between theory and experiment on the rear half of the alrfoil tends to
Improve with increasing angle. As at zero angle of attack, these vlscous
effects would probably be reduced by an increase in Reynolds number.

It is agein interesting to note in figures 5(c) and (d) that even for
Mach numbers somewhat above the attachment value, the transonic theory
still provides a significant improvement over the linear approximation.

To illustrate the agreement between theory and experiment for the
complete pressure distributlions at angle of attack, the values of Cp
itself are plotted in figure 6 for the two Mach numbers corresponding to
figures 5(a) and (c). Here the experimental date are labeled according
to the way 1n which the measurements were actually made -~ that is, on the
top surface of the ailrfoil at positive and negative angles of attack. The
theoretical curves are calculated by combining the results of references 2
and 7 on the assumption that over the entire angle range, the value of
de/dm is constant at the value computed for o>0.

Figure 6(a) illustrates the fact that at Mach numbers below the
attachment value, the transonic theory predicts the pressure difference
across the front wedge at the higher angles of attack more accurately than
it does the individual pressures. Aside from this, figure 6 serves mainly
to reemphasgize the points already noted in connection with figure 5. Fig-
ure 6(b), in particular, shows again the effect of going from an attached
to a detached wave as the angle of attack is increased.

Lift.~- The integrated values of the 1ift coefficient are shown as a
function of angle of attack in figure 7 for all the test Mach numbers.
Experimental points are given for the front wedge as well as for the com~
plete profile. The theoretical results for o« >0 are shown by straight
lines terminated (quite arbitrarily) at a = 3-1/2°. No theoretical
velues are glven for Mg = 1.227 since this Mach number falls within the
gep for which no results were calculated in reference 2.7

BAn analogous phenomenon is to be found in the so-called "bevel
effect" sometimes used as a means of balancing control surfaces at low
subsonic speeds (ref. 35), though in this latter case the thickening (or
separation) does not involve the presence of a shock wave.

7In figure 5 of reference 2, the ordinates shown at g_ = 1.058 are
in error because of a mistake in the integration of the theoretical 1ift
distribution for the front wedge. The correct values of the generalized
lift-curve slope at this value of ¢, are as follows: for the front
wedge, 3.90; for the complete profile, 4.58. The results for the rear
wedge are correct as originally plotted. The theoretical curves of the
present figures 7 and 8 are based on the corrected values.
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The results of figure 7 are such ag one might expect in view of the
foregoing discussion of the lift distribution. At all Mach numbers,
theory and experiment agree reasonably well at the lower. angles of attack
(m(lrl/ho). The agreement for the complete profile is poorer than for the
front wedge because of the viscous effects on the rear half of the air-
foil. This is especially true at the lowest angle of attack (a 9'0.30).
At the two highest Mach numbers, the experimental data is nearly linear
out to 4-1/2°, with the result that theory and experiment continue to
agree over the entlire angle range. The same 18 true to a lesser degree
at the lowest Mach number. At the intermediate Mach numbers, however, the
rate of increase of 1ift falls off with angle of attack, with the result
that theory and experiment progressively diverge. As previously noted,
thie behavior is most pronounced at Mach numbers near the attachment value.
It is apparent from figure 7 that the nonlinearity in the measured 1ift is
traceable primarily to the front wedge, where the viscous effects are
small. This implies that the nonlinearity and the resulting divergence of
theory and experiment are indeed due to basic flow changes of the type
discussed earlier in the report (see section "THEORETICAL CONSIDERATIONS").

The foregoing results are summarized in figure 8 as plots of 1ift
coefficlent per unlt angle of attack shown as a function of free-stream
Mach number. Experimental data are presented here for the same three
angles of attack considered in figure 5. In the calculation of the experi-
mental points, the small amount of 1ift sometimes evident at o =0 (cf.
fig. 7) has been ignored as due probably to inaccuracies in the setting of
the zero angle (see section "PRECISION OF DATA"). The gep in the solid-
line curves of figure 8 corresponds to the range which was not covered in
the theoretical calculations of reference 2.8

The most significant plot here -~ indeed in the entire report - is that
of figure 8(a), which summarizes the 1lift results for the front half of the
profile. The solid-line curve in this plot shows clearly the increase in
initial lift-curve slope which transonic theory predicts in the vieinity of
shock attachment., Because of the gap in the theoretlical values, the
details of the curve at its maximum are in some doubt, though the theoreti-
cal 1ift will certalnly remain finite throughout. As one would expect in
the light of the previous figures, the experimental data for the smallest
angle of attack confirm the theoretical curve remsrkably well. Obviously,
however, the peak in the data diminishes rapidly with increasing angle; at
an angle of attack of 4.2° it has disappeared entirely. At Mach numbers
sufficiently removed from the attachment value, the agreement between
experiment and theory persists over the complete angle range. As has been
seen, this entlire behavior is in accord with qualitative considerations
regarding the limitations of the theory. The inadequacy of the linear
theory near the attachment Mach number 1s apparent.

8Note added in proof: Theoretical results for this range are now
avallable 1n a recent paper by Yoshihara (Ybshihara, Hideo: On the Flow
over a Wedge in the Upper Transonic Region. WADC Tech. Rep. 53-478,
U. S. Air Force, Nov. 1953).
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The results for the rear wedge and complete profile (figs. 8(b) and
(¢)) are complicated by the viscous effects on the rear of the airfoil.
For the rear wedge, the measured values of Cip /o change markedly with
angle of attack throughout the Mach number range, the agreement with theory
improving as the angle is increased. The data for the complete profile
combine the behavior noted for the individual wedges. The results at the
smallest angle of attack, in particular, show a local increase similar to
that predicted by theory (as for the front wedge) but fall quantitatively
far short of the theoretical values (as for the rear wedge). The results
of figure 8(c) would, in fact, present a rather confusing picture in the
absence of the foregoing analysis.

As at zero angle of attack, the check between theory and experiment
on the front wedge implies that the finite span of the test model had
1ittle effect on the 1ift at the midspan station.

Center of 1ift.- The experimental and theoretical positions of the
center of 1ift are shown in figure 9 for the front and rear wedges as well
as for the complete profile. 1In all cases, the positions are measured aft
from the leading edge of the profile.® The experimental values for the
rear wedge at o £ 0.3° are too far forward to be included in any reason-
ably sized plot and have therefore been omitted.

The results of figure 9 have much the same aspect as those already
considered in figure 8. TFor the front wedge, the data at the lowest angle
of attack again confirm the theory remarkably well, considering the
increased scatter inevitable in the experimental determination of the cen-
ter of 1lift. The deterioration of the theory with increasing angle of
attack is, however, less apparent here. For the rear wedge and complete
profile, the complicating effects of the viscous phenomens are obvious.

Drag due to angle of attack.- The increase in drag with increase in
angle of attack is shown in figure 10 for all of the test Mach numbers.
The data are shown here as a function of angle of attack instead of the
more usual 1ift coefficient. This is done so that results for the front
wedge and complete profile can be more easily included in the same plot.
The theoretical curves have been calculated from the equation

cg - (cd)o = dc]’) o (3)

on the basis of the theoretical values of lift-curve slope given in fig-
ure 8. This well-known equation is based on the assumption that the drag
due to angle of attack arises solely from the streamwise component of the
pressure difference acting between the top and bottom surfaces of the

FFor the reason already mentioned in footnote 7, the center of 1ift
corresponding to £ = 1.058 in figure 7 of reference 2 should be at 0.248
instead of at the position originally shown. This change has been incor-
porated in the present work.
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inclined profile. It is valid for a vanishingly thin airfoil at a van-
ishingly small angle of attack and neglects any leading~edge thrust which
might properly be included in the small-disturbance theory when the bow
wave is detached. (Whether or not a leading-edge thrust should be
Included to make up for the erroneous pressure distribution given by the
small-disturbance theory in the vicinity of the leading edge is at present
an open question. The problem is similar in principle to those discussed
by R. T. Jones in reference 36, but the details are more involved in the
present case.)

Contrary to the situation with regard to the 1ift (fig. 7), the theo-
retical and experimental results of figure 10 show good agreement at the
smaller angles of attack (a<l-1/4°) only for free-stream Mach numbers
above the attachment value. For Mach numbers below this value, the experi-
mental data fall well below the theoretical curves even at small angles.
Since this behavior 1s evident on both the front wedge and complete pro=-
file, its cause must apparently be sought on the forward half of the air-
foil. This 1is borne out by the pressure distributions examined earlier in
figure 6(a). As has been noted, this figure shows that the individual
pressures on the two surfaces of the front wedge are not in as good agree-~
ment with theory as is the 1ift distribution. In particular, at o = +1.2°
the general level of pressure on the front wedge is somewhat less positive
than the theory would predict near both the leading edge and the ridge
line. This reduced pressure acting on the finite thickness of the real
airfoll apparently serves to decrease the drag below that calculated on
the assumption of a& vanishingly thin profile. The phenomenon is even more
evident in the pressure data at o = +4.2° (though this may be stretching
the theory beyond its justifiable limits). As a result of this effect,
the drag at Mach numbers below the attachment value (fig. 10) does not
rige appreciably for angles of attack less than 2°© and remains compare-
tively low even at the higher angles. This situation does not prevall at
Mach numbers above attachment. The comparison between theory and experi-
ment at Mach numbers below attachment might be improved by the inclusion
of a theoretical leading-edge thrust (if such indeed is required). The
resulting theoretical curve, however, would still be parabolic and hence
not likely to agree in all respects with the experimental data. It would
appear that some detaliled study of the flow in the vicinlty of the leading
edge is desirable.

Lift-drag ratio.~ The variation with Mach number of the maximm 1ift-
drag ratio (skin friction neglected) for the complete profile is shown in
figure 11. The experimental values shgwn here have been deduced from the
results given in figures L4, 7, and 10. © The theoretical values have been

LONo experimental value is shown for M_ = 1.166, since the data did
not extend to a high enough angle of attack at this Mach number.




20 NACA TN 3225

calculated from the following equation applicable to a parsbolic drag

curve:
L\ _1 [dei/doy, ()
D 2 Ca’o

This equation is subject to the same limitations as 1s equation (3).

At and just above shock attachment, the experimental values of
(L/D)payx T2ll appreciably below the curve given by the transonic theory.
This is a result primarily of the decrease in lift-curve slope with angle
of attack as noted in figure 7. Below shock attachment, the experimental
points fall above the theoretical curve. This is traceable to the varie-
tion of drag with angle of attack as discussed in connection with fig-
ure 10. As a result of the foregoing behavior, the experimental data do
not exhibit the maximum which theory shows in the vicinity of the attach-
ment Mach number. The experimental values are, in fact, nearly constant
over the entire Mach number range. Obviously, the results of the tran-
sonic theory are not valid to a sufficiently high angle of attack to allow
the accurate prediction of the maximum lift-drag ratio. The linear theory
appears superior here, though in view of the earlier results this must be
regarded as purely a matter of luck.

Comparison with Subsonic Results

It is instructive to compare the present 1lift results with those

obtained by Willmarth on a double-wedge airfoil at subsonic speeds (ref.
+27). This is done in figure 12, where the present results for o T 1.2°
are shown together with comparable data. for one of the airfoils tested by
Willmarth.'® The data are plotted here in terms of the transonic simi-
larity variables, since the thickness ratio of the airfoils was different
in the two tests. Willmarth's data are represented in the same manner as
in his report - that is, by vertical lines indicative of the experimental

spread.

The most striking thing about figure 12 is the symmetry of the exper-
imental 1ift data about the vertical axis - that is, sbout Mg, = 1 (see
fig. 12(a)). As has been seen, the pesk in the data at supersonic speeds
is predictable on the basis of inviscid theory and can be traced to the
pressures on the front half of the airfoil. The peak at subsonic speeds,
though not yet calculated theoretically, is explained by Willmarth as also
due to inviscid causes. Here, however, the effect is associated with the
growth of the supersonic region on the rear half of the section. Thus,
although there does exist a kind of symmetry in the peaks some distance to

1dri 11marth's results were linear for 0°%<0u<2®. The Reynolds number
of his data is the same as that of the present tests.
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each side of M, = 1, the causes of this symmetry are themselves not at
all symmetrical. This is in contrast to the situation very close to

Me = 1, where the flow fields adjacent to the airfoil are known to be
essentially the same for equal increments above and below the sonic flight
speed (see refs. 15 and 37).

The movement of the center of 1lift with free~stream Mach number does
not exhibit the symmetry shown by the 1ift itself. The results of figure
12(b) have, in fact, a rather antisymmetric appearance with respect to
the vertical axis.

General Remarks

Before concluding, it should be emphasized that, in those cases
where experiment and the transonic theory agree well, the excellence of
the agreement 18 due, in part, to the use of (7 + 1)M,°2 1in the similarity
variables in place of the more usual (7 + 1). If only (7 + 1) had been
used, the agreement would still be qualitatively good but quantitatively
much less gratifylng. For airfolls thicker than the present one, the
agreement between experiment and the small-disturbance theory would, of
course, become progressively less satisfactory. For thinner airfoils, the
agreement would be expected to improve at first. A condition would even-
tually be reached, however, at which the boundary layer would be so thick
relative to the profile that no inviscid theory would provide a good
approximation.

It may also be worthwhile to point out that by accurately predicting
the increase in lift~curve slope near shock attachment, the transonic
theory has brought to light a result which had not previously been
revealed by experiment. The present study thus adds to the growing evi-
dence (ecf. refs. 15 through 19, 22 and 23)that the transonic small-
disturbance theory is a useful tool for the understanding of the basic
phenomena, of transonic flow.

CONCLUSIONS

As a result of the foregoing tests, the following conclusions can be
drawn regarding the characteristics of a double-wedge profile at Mach num-
bers near that corresponding to shock attachment at zero angle of attack:

1. As predicted by the transonic small-disturbance theory, the
experimental repults show a large increase in the initial lift-curve slope
at Mach numbers in the vieinity of shock attachment.

2. On the front wedge, where viscous effects are smell, the numeri-
cal agreement between experiment and theory is generally good at angles of
attack up to about 1~1/4°. This is true for both the 1ift distribution
and the over-all 1ift,
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3. The foregoing agreement between experiment and theory appears, in
general, to deteriorate with increasing angle of attack. As might be
expected from qualitative arguments regarding the limitations of the
theory, this deterioration proceeds more rapidly the closer the Mach num-
ber is to the attachment value. As a result of this behavior, the
increase in lift-curve slope near shock attachment disappears at the
higher angles of attack.

4., The flow over the rear wedge is critically influenced by shock=-
wave boundary-layer interaction near the trailing edge. At the smallest
angle of attack (o & 0.30), an unpredicted negative 1ift is, in fact,
observed over the rear 25 percent of the chord. (Such viscous effects
would presumsbly be reduced at Reynolds numbers higher than the value of
0.54 million used in the present tests.)

5. At Mach numbers below shock attachment, the pressure drag
increases less rapidly with angle of attack than is predicted by consider-
ation of the theoretical pressure differences between the top and bottom
of the airfoil. This is due to the fact that the actual pressures on both
gurfaces of the front wedge are less positive than the theory predicts.

At Mach numbers above shock attachment, the drag due to angle of attack
agrees well at small angles with the values given by the theoretical cal-
culations,

6. The measured pressure distribution and drag at zero angle of
attack show good agreement with the existing theoretical and experimental

results.

7. In support of recent findings by other investigators, the agree-
ment between experiment and itransonic theory 1s found to be greatly
improved by the use of (7 + 1)M. 2 in place of (7 + 1) in the transonic
similarity variables.

Ames Aeronautical Iaboratory
National Advisory Committee for Aeronautics
Moffett Field, Calif., May 19, 1954
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